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ABSTRACT 
It is well-known that a wing is one of the most important 

parts of an aircraft as it is used to generate lift force. According 

to a wing moving at sufficiently high subsonic speeds, the flow 

speed on the wing's upper surface can be supersonic due to 

acceleration through the curvature-created suction, thereby 

forming a shock wave in a lambda shape. Additionally, the 

lambda shock can interact with the boundary layer flow. These 

phenomena relate to disturbances in the flow field, including 

flow separation, thus causing undesirable effects on lift 

production. Hence, a better understanding of the phenomenon of 

wing-lambda-shock formation and its nature is essential. This 

study presents a numerical investigation of the lambda-shock 

formation on an ONERA M6 wing, which is known as a swept, 

semi-span wing with no twist, under parametric effects of angle-

of-attack, and free-stream Mach number, which is increased up 

to the supersonic regime. The pressure coefficients obtained by 

simulations are validated by open data. Then, numerical results 

in terms of the local pressure coefficient, local Mach number, 

averaged lift and drag coefficients, and -shape characteristics 

based on Mach number and pressure coefficients are discussed 

under an investigated range of the parameters. Results show that 

the angle-of-attack and free-stream Mach number can affect the 

lambda shock formation on the wing upper surface physically. 

Specifically, an iso-sonic surface with lambda shock waves is 

disturbed when the angle-of-attack and free-stream Mach 

number vary in an investigated range. This also affects lift and 

drag coefficients of the wing.   
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NOMENCLATURE 
a    normalized root chord 

A   wing area (m2) 

AOA  angle of attack (degree) 

c    normalized mean-aerodynamic chord 

Cd   drag coefficient  

Cl   lift coefficient  

Cp pressure coefficient  

Fd drag force (N) 

Fl  lift force (N) 

L    normalized semi-span 

Ma   Mach number 

Ma∞  freestream Mach number 

Pd dynamic pressure (Pa)  

Ps  static pressure (Pa) 

P∞  freestream pressure (Pa) 

Re  Reynolds number  

s  arbitrary distance along wing-span direction 

T∞  freestream temperature (K)  

U   air velocity (m/s)  

v   local velocity (m/s) 

vs   sound speed (m/s)  

   air density (kg/m3) 

1. INTRODUCTION

It is well-known that Mach number (Ma) is used to classify 

flow regimes i.e. incompressible, subsonic, sonic, supersonic, 

and hypersonic. A flow regime that consists of high subsonic and 

low supersonic local flows in the same flow field is usually 
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termed transonic and the freestream Mach number (Ma∞) is 

typically in a range from 0.6 or 0.7 to 1.2. Under the 

circumstances of the transonic flow, a shock wave plays a major 

role in the local flow field. Namely, the supersonic regime is 

ceased by the shock wave, thereby slowing down the flow speed 

to the subsonic regime. This accounts for the -shock formation. 

Certainly, this phenomenon is also found on an aircraft wing 

moving in the subsonic regime. In fact, a wing is one of the most 

important parts of an aircraft as it is used to generate lift force. 

During a flight with sufficiently high subsonic speeds, the flow 

speed on the wing's upper surface can be supersonic due to 

acceleration through the curvature-created suction, thereby 

forming a shock wave in a -shape. Further complicated 

phenomena are also observed by the presence of the transonic 

flow such as the interaction between -shock and the boundary 

layer flow [1-3]. These phenomena relate to flow separation, thus 

causing a negative effect on lift production of the wing [4-5]. The 

ONERA M6 wing, which was experimentally reported by 
Schmitt and Charpin [6], is a typical example of a transonic wing 

that can perform the mentioned phenomena, as presented by 

Dwight [7]. Another observation of the transonic-flow 

phenomena on the ONERA M6 wing is discussed by Kuzmin 

[8]. His results indicated that the swept leading edge and the 

small curvature of an airfoil arc produce the formation of a λ-

configuration of the local supersonic regions, thereby forming 

the λ-shape of pressure contours on the upper surface of the 

wing. Furthermore, the ONERA M6 wing has been widely used 

to validate computational results obtained by computation fluid 

dynamics, including further studies on the complicated 

phenomena of the transonic flow field and others [9-11]. So far, 

investigations on transonic flow also revealed the presence of a 

double supersonic-flow regime, including a formation of these 

regimes on airfoils that are comprised of a nearly flat arc [12-

13]. Several studies indicated that the phenomena of the 

transonic flow can cause a pressure redistribution and a lift 

coefficient (Cl) jump on the upper surface of symmetric and 

asymmetric airfoils when two supersonic regions coalesce [14-

15]. 

Although studies on the shock wave and flow separation, 

including demonstration of the -shape of isobars on the upper 

surface of transonic wings have been conducted experimentally 

and numerically for several years, it is still challenging because 

problems obtained by the phenomena of the shock wave and 

flow separation are complicated. In addition, the demonstration 

of the -shock formation can indicate the characteristics of flow 

physics happening to an airfoil. Hence, a better understanding of 

the nature of the λ-shape of isobars and others such as iso-Mach 

lines on the wing should be pointed out. Moreover, a further 

study on these phenomena in the supersonic region is also 

interesting. Therefore, the objectives of the present work are to 

numerically study the nature of the lambda-shock formation on 

the upper surface of a swept-back wing under effects of angle-

of-attack (AOA), and freestream Mach number (Ma∞), which 

increases to the supersonic regime. In fact, AOA and Ma are 

important parameters that can be controllable. A variation in 

these parameters can affect wing aerodynamic performance, and 

aircraft stability during a flight since AOA and Ma involve wing 

aerodynamic and aerothermal characteristics, respectively. 

Results obtained by the present study can provide significant 

information of lift and drag forces that are likely to relate to the 

presence of the wing-lambda-shock formation of a transonic 

wing. 

2. WING MODEL, COMPUTATIONAL APPROACH,
AND PARAMETERS
For this section, at first, a wing model with its geometry is

introduced in subsection 2.1. Then, details of the computational 

approach computational meshes, numerical setups, and 

numerical validations are given in subsection 2.2. Lastly, 

aerodynamic parameters are specified in subsection 2.3.   

2.1 Wing Model and Geometry 
 A wing model used in the present work is an ONERA M6 

wing that is adopted from Schmitt and Charpin [6]. This wing is 

a semi-swept-back wing with no twist, as shown in Fig. 1(a). The 

wing geometry is normalized so that the semi-span, root chord, 

and mean aerodynamic chord are equal to 1, 0.6738, and 0.540, 

respectively, as shown in Fig. 1(b). Additionally, some important 

geometric details of the wing are listed in Table 1. 

(a) 

(b) 

Figure 1: (a) Wing model in 3D, and (b) wing geometry. 

Table 1: Geometric details of wing model 

Characteristic figures Value 

Semi-span (L) 0.3048 

Root chord (a) 0.6738 

Mean-aerodynamic chord (c) 0.540 

Aspect ratio 3.8 

Taper ratio 0.562 

Leading-edge sweep angle 30 

Trailing-edge sweep angle 15.8 
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2.2 Computational Approach 
The numerical simulation has been widely used in various 

industrial applications [16-22], and it is one of the main research 

approaches for aircraft aerodynamics due to the advantages of 

low cost and high efficiency. As mentioned previously, the 

numerical simulation is also used for the present work. Starting 

from a computational flow domain for the wing, the domain is 

created until it is large enough for obtaining acceptable results 

from boundary conditions, as shown in Fig. 2. 

For properties of the fluid, the air is considered as a 

compressible gas. Therefore, the ideal gas law is used. Other 

thermodynamic properties are given as follows: 1) Specific heat 

capacity = 1.006 kJ/kgK, 2) Thermal conductivity = 0.02420607 

W/mK, and 3) Dynamic viscosity = 1.62699 x 10-5 Pas.  Figure 2: Computational flow domain for wing. 
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For the initial setting of boundary conditions, according to 

Fig. 2, the pressure far field condition is given at the inlet, outlet, 

and far-side boundaries, whereas the symmetry condition is 

provided for the near-side boundary. Primary values of the 

boundary condition at the inlet, outlet, and far-side boundaries 

are set in accordance with an experiment conducted by Schmitt 

and Charpin [6], as follows: 1) P∞ = 0.316 MPa, 2) Ma∞ = 0.8395, 

3) AOA = 3.06, and 4) T∞ = 255.56 K, thereby obtaining the Re

 11.7 x 106 based on the normalized mean-aerodynamic chord. 

A set of results obtained by the primary values will be a 

benchmark for other solutions. 

The computational mesh of the flow domain is a hybrid 

mesh of the structured and unstructured meshes that are 

generated by automatic mesh modeling. The structured mesh is 

formed in a quadrilateral element, whereas the unstructured 

mesh is made in a triangular shape. The structured mesh is used 

to provide the dense mesh with 10 layers in the region close to 

the wing surface. With this arrangement, phenomena of the 

lambda shock and boundary-layer flow can be observed. To 

confirm the mesh independence, a three-number mesh strategy 

is conducted by coarse, medium, and fine meshes, as given in 

Table 2.  

Table 2: Mesh elements for mesh-independence strategy. 

Mesh Element numbers 

Coarse 690,755 

Medium 1,525,403 

Fine 2,324,894 

The ANSYS FLUENT is used as a solver for numerical 

solutions. The one-equation Spalart-Allmaras (SA) [23] and 

two-equation Shear Stress Transport (SST) k- [24] turbulence 

models with the second-order accuracy are employed. The mesh 

independence and validation of numerical results are done by 

comparing the distributions of the pressure coefficient defined 

by Cp = 
Ps − P∞

Pd
along the wing surface at three span positions 

i.e. s/L = 0.20, 0.65, and 0.90 corresponding to Fig. 1(b). As 

shown in Figs. 3(a) and 3(b), the results of Cp obtained by the 

medium and fine meshes at the three positions for both 

turbulence models have good agreements with acceptable errors. 

Besides, Fig. 3(c) shows the comparison and validation between 

the Cp results predicted by the two turbulence models for the 

medium mesh with open experimental data [6]. One can see that 

at the three positions, the distributions of Cp obtained by both 

turbulence models agree well with the experimental data. It 

should be noted that although the SA model can provide 

acceptable Cp values with low computational cost, it usually 

predicts less accurate solutions of flow separation and transition 

from smooth surfaces when compared to the SST k-ω turbulence 

model. Moreover, the investigated range of the aerodynamic 

parameters in the present study may involve strong transition and 

flow separation such as at AOA = 5. Overall, the medium mesh 

and SST k-ω model are selected for the subsequent calculations. 

 Details of the medium mesh of the computational flow 

domain are presented in Fig. 4. 

Figure 4: Medium mesh of computational flow domain and dense 

mesh close to wing surface. 

2.3 Aerodynamic Parameters 
    As AOA and Ma∞ are controllable factors that can produce 

positive and negative effects during a flight of an aircraft, an 

investigation into their effects on flow physics around wing 

surfaces is very important. To obtain a better understanding of a 

phenomenon of the lambda-shock formation on the wing surface 

under the effects of AOA and Ma∞, the parametric study of AOA, 

and Ma∞ is conducted. Investigated ranges of AOA and Ma∞ are 

listed in Table 3. 

Table 3: Values of aerodynamic parameters. 

Parameters Values* 

AOA (degree) 0 - 5 

Ma∞ 0.6 – 1.6 

*Values of primary design for AOA, Ma∞, and P∞ are 3.06, 0.8395, and

0.316 MPa, respectively. 

  In fact, the occurrence of the lambda shock affects the 

flow field, thereby resulting in drag and lift forces, which are 

usually used to evaluate wing performance. Therefore, the drag 

and lift forces are also evaluated by considering their coefficients 

that are defined as Eqs. (1) and (2), respectively.  

Cd  =
2Fd

ρU2A
(1) 

and Cl  =
2Fl

ρU2A
  (2) 

It should be noted that Cd and Cl are average values. In addition, 

the local Ma number (Ma), which is defined as Ma = 
v

vs
, is 

presented to discuss shock-wave effects also. 

3. RESULTS AND DISCUSSION
This section presents numerical results and discusses some

phenomena observed from the results in terms of local Ma, Cp, 

Cd, and Cl so that the nature of the -shape is characterized. At 
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first, the benchmark case is given, Then, the effects of AOA, and 

Ma∞ are presented. 

3.1 Benchmark Case 
To investigate characteristics of the wing-lambda-shock 

formation under effects of the aerodynamic parameters, a set of 

computational results obtained by the primary-design values is 

used for a benchmark. As illustrated in Fig. 5, at these values, a 

sonic surface is observed on the upper surface and iso-Mach lines 

of the supersonic regions occur at the cross-sectional areas, s/L 

= 0.65, and 0.90, whereas the transitional regions with slightly 

greater Mach numbers than 1 are located at the wing root (s/L = 

0) and s/L = 0.20. One can see that at each cross-sectional area,

a -shape of the shock wave is developed by the presence of the 

upstream supersonic shock near the leading edge (LE) and the 

downstream shock terminating the local supersonic regime on 

the upper surface. However, the size of the -shape decreases 

with the position in the spanwise direction (s/L). This also 

accounts for the  formation of the sonic surface.  

Figure 5: Sonic surface and iso-Mach lines along spanwise direction 

at s/L = 0, 0.20, 0.65, and 0.90 for benchmark case. 

With a contour of Cp, a -configuration of Cp is displayed 

on the wing upper surface, as seen in Fig. 6. This phenomenon 

corresponds to the sonic surface previously shown in Fig. 5 and 

it indicates a major role of the swept LE and small arc LE of the 

wing. In addition, for this case, it yields Cd = 0.0094 and Cl = 

0.1242. 

Figure 6: Cp distribution on wing upper surface for benchmark case. 

3.2 Effects of AOA 

To understand the influence of AOA on the nature of the -

shock formation, an iso-surface of the sonic regime and iso-

Mach lines at the three positions along the spanwise direction on 

the wing upper surface are presented, as shown in Fig. 7. Here, 

it should be noted that in this section, Ma keeps unchanged at 

the primary value of 0.8395 and AOA varies in the investigated 

range from 0 to 5. It is seen that at AOA = 0, small -shapes 

and a small sonic surface occur but the sonic surface cannot 

cover the wing upper surface near the LE in the range of s/L from 

0 to 0.65. However, when AOA increases, the sonic surface 

expands and cover completely the upper surface near the LE at 

AOA = 5. The expansion of the sonic surface corresponds to the 

iso-Mach lines, namely, the upstream leg of the -shapes moves 

forward to the LE. These phenomena may be because of a 

significant influence of the presence of the tip vortex and flow 

separation on the surface, as illustrated in Fig. 8.   

Figure 7: Effects of AOA on lambda shock formation based on local 

Mach numbers.   

Figure 8: Influence of tip vortex at AOA = 0 and 5 with Q-criterion 

= 0.001. 
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Next, the distributions of Cp at s/L = 0.65 are discussed as at 

this position, the phenomenon of -shock formation appears 

obviously when AOA increases from 0 to 5. As plotted in Fig. 

9, the trends of the Cp distributions obtained at AOA = 0 - 2 

are similar to one another. However, the trends of the Cp 

distributions change significantly when AOA increases to 3.06, 

4, and 5. This phenomenon indicates variations of the static 

and dynamic pressures affected by the coalescence of the tip 

vortex and vortices from flow separation, including the -shock 

waves performed by iso-Mach lines, as shown in a white circular 

frame in Figs. 8 and 10. The distributions of the Cp in the -

shapes on the upper surface at AOA = 5 are also displayed in 

Fig. 11. The discrepancies between the -shock formation at 

AOA = 5 and the benchmark case, including other AOAs 

highlight the nature of the -shock formation based on Cp under 

the effects of AOA.  

Figure 9: Effects of AOA on Cp at s/L = 0.65. 

Figure 10: Iso-Mach lines and flow separation at at s/L = 0.65. 

Figure 11: Cp distribution on wing upper surface at AOA = 5. 

Another observation is shown in Fig. 12. One can see that 

Cl increases linearly with AOA from AOA = 0 to 4. However, 

Cl decreases at AOA = 5. This indicates the occurrence of a stall 

phenomenon at this AOA. For Cd, Cd increases slightly when 

AOA changes from 0 to 4, and Cd increases meaningfully at 

AOA = 5, which relates to the decline in Cl. These variations of 

Cl and Cd correspond with the phenomena mentioned 

previously.   

Figure 12: Cl and Cd at different AOAs. 

3.3 Effects of Ma∞

The effects of Ma∞ on the nature of the -shock are 

discussed in this section. As expected, phenomena under the 

effects of Ma∞ are likely to link variations of Cp, Cl, and Cd of 

the wing. In this section, the AOA keeps constant at 3.06 so that 

the Ma∞ is a single independent parameter for the consideration. 

As shown in Fig. 13, clearly, at a lower Ma∞ = 0.7, the sonic 

surface with the -shock cannot be formed yet. When Ma∞ 

increases to 0.8, it establishes the sonic surface with the strong 

-shock waves at s/L = 0.65 and 0.90. This is similar to the

formation obtained by the benchmark case in Fig. 5. Then, at 

Ma∞ = 0.9, the sonic surface with the -shock waves expands 

greatly and the surface largely covers all the upper surface. 

However, when Ma∞ continues increasing to the sonic flow, two 

sonic surfaces exist at the LE and trailing edge (TE) instead. This 

seems that the initial sonic surface expands until it separates. As 

a result, the size of the -shock waves grows substantially. 

Copyright © 2021 by ASMEV001T02A001-6

D
ow

nloaded from
 http://asm

edigitalcollection.asm
e.org/FED

SM
/proceedings-pdf/FED

SM
2021/85284/V001T02A001/6780129/v001t02a001-fedsm

2021-60958.pdf by N
ortheastern U

niversity Library user on 30 N
ovem

ber 2021



Oppositely, at higher values of Ma∞ in the supersonic regime, 

namely, at Ma∞ = 1.2, the TE sonic surface disappears, whereas 

the LE sonic surface is in a reversal, specifically, the wing-

surface detachment occurs. Consequently, the -shapes are not 

inside the sonic surface anymore. At Ma∞ = 1.4, the extraction of 

the LE sonic surface is observed. 

Likewise, the distributions of Cp at s/L = 0.65 are discussed 

as Cp varies with Ma∞. Fig. 14(a) indicates that at the subsonic 

speeds, the trends of Cp are similar to one another except at Ma∞ 

= 0.893, and 0.9. This may be explained by vortices developing 

on the upper surface, as seen in the yellow and white curves in 

Fig. 15(a). For the Cp distributions at the supersonic speeds, as 

presented in Fig. 14(b) obviously, the trends of the Cp 

distributions for all Ma∞ are like the trend obtained at Ma = 1.0. 

Also, the phenomenon of the Cp distributions in the supersonic 

can be explained more by Fig. 15(b), in which significant 

differences of the vortices are found at the wing TE and wingtip. 

To obtain a better understanding of the effects of Ma, the 

Cp distributions on the surface at different values of Ma are 

presented in Fig. 16 as well. Interestingly, although the 

characteristics of the sonic surface at the sonic and supersonic 

speeds are different from those obtained by the subsonic speeds 

as earlier discussed, the -shapes based on Cp still exist. 

However, only a small size is observed at the LE-root wing at 

Ma = 1.6. This suggests that the -shape will disappear at 

adequately high supersonic speeds.   

Figure 13: Effects of Ma∞ on lambda shock formation based on local 

Mach numbers. 

Figure 14: Effects of Ma∞ on Cp at s/L = 0.65 when flow is (a) 

subsonic and (b) supersonic. 

Figure 15: Vortices with Q-criterion = 0.001 on upper surface when 

(a) subsonic and (b) sonic-supersonic speeds of freestream are 

considered.   

Figure 16: Cp distribution on wing upper surface when Ma∞ increases 

from sonic to supersonic speeds.   
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Finally, Cl and Cd obtained by different Ma values are 

plotted in Fig. 17. At subsonic speeds Ma = 0.6 - 0.8395, Cd 

increases slightly, whereas Cl increases considerably until it 

reaches an approximate 136% increase at Ma = 0.8395. In 

addition, from Ma = 0.8395 onwards, significant increases in 

Cd are found. This seems similar to increments of Cl except at 

Ma = 0.95. Specifically, Cl drops at this Ma before surging at 

the sonic speed. This phenomenon may be explained by the fact 

that the flow field at Ma = 0.95 is affected by the presence of 

larger vortices on the lower surface when compared to vortices 

occurring at Ma = 0.90, as captured in Fig. 18. This leads to the 

drop of Cl and the significant increase of Cd at such Ma.   

Figure 17: Cl and Cd at different values of Ma. 

Figure 18: Comparison of vortices on lower surface at Ma = 0.9 and 

0.95. 

4. CONCLUSION
This study presents a numerical investigation of the lambda-

shock formation on an ONERA M6 wing, which is known as a 

swept, semi-span wing with no twist, under parametric effects of 

angle-of-attack (AOA), and freestream Mach number (Ma), 

which is increased up to the supersonic regime. The SST k- 

turbulence model is used to predict characteristics of the flow 

field and interesting phenomena. Numerical results in terms of 

the local pressure coefficient, local Mach number, averaged lift 

and drag coefficients, and -shape characteristics based on Mach 

number and pressure coefficients are discussed under an 

investigated range of the parameters i.e. AOA = 0 - 5 and Ma 

= 0.6 – 1.6. The numerical results show that an iso-sonic surface 

and iso-Mach lines are under the effects of AOA and this also 

affects the nature of the -shock formation based on Mach 

number. In addition, when the freestream Mach number is 

considered, the sonic surface with -shock waves expands with 

the freestream Mach number at subsonic speeds. This 

phenomenon corresponds to the -shape of Cp. However, a 

reversal with the detachment of the sonic surface is observed at 

supersonic speeds. Although at these high speeds, the sonic 

surface is not located on the upper surface, the -shape of Cp still 

exists on the upper surface and seems to vanish at sufficiently 

higher speeds. Also, these phenomena can affect Cl and Cd of the 

wing. The present work will fulfill the understanding of the 

phenomena of the lambda-shock formation and its collapse on 

other swept wings that are commonly caused by two key factors 

viz the swept leading edge and the small curvature of an airfoil 

suction arc. 
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